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Experimental study of transonic flow over a wind turbine airfoil
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Abstract. For the largest wind turbines currently being designed, operation at-eutout-close to cut-out conditions can lead
to the tip airfoil experiencing transonic flow conditions. To date, this phenomenon has primarily-beenexplored-been explored
primarily through numerical simulations, but modelling uncertainties Hmits-limit the reliability of these predictions. In response
to this challenge, our study marks the first experimental investigation of a wind turbine airfoil under transonic conditions,
for which we eonsider-selected the FFA-W3-211 airfoil. Measurements are-conducted-were carried out in the high-subsonic
range (Mach 0.5 and 0.6), utilizing Sehlieren-schlieren visualization and Particle Image Velocimetry (PFV)-to-characterise-to
characterize the airfoil across a range of angles of attack expected ateutout-conditionsto be close to the boundary of transonic
flow occurrence. Unsteady shock wave formation is-was observed for the higher Mach number, with the shock oscillation range

increasing with steeper angles of attack. Also-itis-found-In addition, it was confirmed that the presence of a local supersonic

flow region does not e%ﬂﬁeﬁﬂ%pgmuesult in a shock wave. %ﬁﬁ&ﬂg&fﬁ%ﬁ%ﬁ%&%ﬂhﬂ@f&bﬂﬁéﬁeﬁ

waves and trailing-edge separation, a buffet cycle was identified that is similar to, but distinct from, those seen in aviation
applications. Our findings highlight the need for highe i i i i
effeets-unsteady analyses even in steady operating conditions and call for dedicated research on wind turbine airfoils—tip airfoils

in transonic flow.

1 Introduction

To help meet the growing global demand for energy by-environmentalty-sustainable-meansin an environmentally sustainable
manner, wind turbines have been progressively-steadily increasing in size, enabling-them-to-bettereapture-the-energy-potential

in-the-wind-allowing them to capture a greater portion of the wind ener. otential (Mehta et al., 2024a). This expansion-trend
is driven by the need to optimize energy-power generation to meet market needs-demands (Mehta et al., 2024b) As a result,

the next generation of offshore wind turbines is p

referenee-wind-turbine-(RWT)-design{Zahleet-al; 2024 Heweverthisexpected to have rotor diameters greater than 250 m.
Such a dramatic increase in scale presents-a-series-of-also introduces unprecedented aerodynamic challengesthat-require-new

approaches-and-solutions-in-wind-turbine-design—. At the tips of such gigantic rotors, the resulting flow speed is around 100
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m/s, which translates to a Mach number of ~ 0.3 At such inflow Mach numbers, flow compressibility cannot be assumed to

For example;-the IEA-22MW-RWHs designed-to-instance, the latest reference wind turbine (RWT), the IEA 22 MW RWT,
is designed with a rotor diameter of 280 m and can operate with blade tip speeds of up to 105 m/s —When-this-highretational
speed-combines-with-(Zahle et al., 2024). At a cut-out wind speed of approximately 25 m/s, the flew-experienced-by-resulting
W the tip airfoil %ufpa%e&exceeds a Mach number of 0.3. Thﬁﬂs—a—eﬁﬂe&l—thfe%he}dr—aﬁ{—wgges%s—ﬂaa{—feﬁfuﬂwe

turbinesMoreover, the high camber of typical wind turbine airfoils leads to rapid flow acceleration over the airfoil, with the
ossibility of inducing local pockets of supersonic flow, i.e., transonic flow.
Compressibility mﬁfﬂweaﬁm&eéue&eemp}e%phyﬂealrand transonic flow introduce complex flow phenomena such as

shock waveswave formation, which can

Teduce aerodynamic
memwmmmgh speed flow—characteristies;-sueh—as—shoek
waves;-compressibility effects in wind turbine operations remain relatively underexplored. One of the few-studies-thatexplored
%Wthese dynamics was eeﬁdueted%yLWeedrHQ% M who examined small horizontal-axis

ing-horizontal-axis

wind turbines with NACA 0012 airfoils and proposed using shock-induced separation at the-blade-tips-as-a-means-of-blade
tips for overspeed protection. However, it-is-important-to-note-that-symmetric airfoils like the NACAOO12-are-not-typically
employed-at-the-tips-of-NACA 0012 are not representative of modern utility-scale wind-turbine-blades;-thus-turbines, limiting
the applicability of these ﬁndmgste—medef&lafge-%ea}eﬂfbme%

r—A subsequent study b

Hossain et al. (2013) analyzed shock propagation over the NREL Phase VI S809 wind-turbine-airfoil-employing 2D-RANSsimulations

to-analyze these-effectsat-varying-airfoil using two-dimensional Reynolds-Averaged Navier-Stokes (RANS) simulations
at various angles of attack. Nevertheless;—thestudy—was—condueted-at-Although informative, this work focused on a free-
stream Mach number of 0.8, a-—value-that-is-eurrently-considered-which is well beyond the feaelﬂref—exrsmfg—&néfﬂwﬁeﬂed
normal conditions anticipated in current or foreseeable wind turbine designs:

D D

fe&hsﬂeaﬂy—addfe%—mefeﬂdﬁmﬂﬁelevaﬂﬁe—mede% making it less relevant to large scale %ﬁd—wfbmesaw

ean—farther—elevate—More recently, De Tavernier and von Terzi (2022) explored the potential for transonic flow occurrence
over the IEA 15 MW reference wind turbine (RWT) (Gaertner et al., 2020). Their study emphasized how offshore operatin
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conditions, such as high atmospheric turbulence, blade aeroelastic effects, and floating platform motions, can increase the in-
ip-airfol iti g speeds experienced

by blade tips. Using XFoil and OpenFAST, they showed that near rated power and close to cut-out wind conditions, the
i i -airfoil could encounter large negative angles of attack (AoAs) —Research-by

stantaneous wind ¢

tip

due to pitch control
actions and unsteady inflow. When combined with elevated tip Mach numbers, these factors led to intermittent pockets of local
supersonic flow at the blade tip. However, XFoil cannot predict whether local supersonic flow results in shock waves.

Building on this work, Vitulano et al. (2025a) conducted a more detailed investigation of transonic effects on the FFA-W3-211
airfoil using unsteady RANS (URANS) simulations, which are better equipped than XFoil to capture complex flow physics
such as shock waves. Their results confirmed that local supersonic flow regions do indeed coalesce into shock waves over the
FEA-W3-211 airfoil (used at the IEA 15 MW RWT tip) under similar operating conditions (inflow Mach number and angle of
attack) as predicted by De Tavernier and von Terzi (2022). Their investigation also revealed that apart from the inflow Mach
number and angle of attack, the onset of transonic flow and shock waves was also heavily dependent on the Reynolds number,

especially at steeper inclinations.
The phenomenon of shock waves in transonic flow is particularly concerning because shock—waves—ean-reduce-they can

degrade aerodynamic performance and induce flow-tnsteadiness;-whieh;—strong flow unsteadiness. When coupled with flow
separation, ean—resultin—a-phenomenon—self-sustained shock oscillations known as transonic buffet can occur. While the

underlying mechanisms of transonic buffet remain a topic of open research (Lee, 2001; Giannelis et al., 2017), its consequences
are well established: periodic load fluctuations, vibrations, and resonance risks that threaten structural integrity. Extensively

o o D2 A sanno—e 0 aconie_buffe " o ciomifBeantiib on

s—The primary parameters that determine the

onset of transonic buffet on a supercritical airfoil are inflow Mach number and the angle of attack, as demonstrated b

numerous experimental studies (Jacquin et al., 2009; Accorinti et al., 2022) and URANS simulations (Giannelis et al., 2018).

a larger separation region is observed when the shock moves upstream compared to downstream. These findings highlight the
strong inherent unsteadiness of transonic buffet, even under steady inflow and static airfoil conditions.

As illustrated in Fig. 1, wind turbine tip airfoils, like the FFA-W3-211, differ markedly from supercritical airfoils used in
aviation, e.g., the OAT 15A, featuring a higher thickness to chord ratio, greater camber, and distinct operating conditions.

Furthermore, significant asymmetries in the flow-field exist during a transonic buffet cycle. As investigated by D’ Aguanno et al. (2021)
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Figure 1. Comparison of the OAT 15A supercritical airfoil (dotted line) and the FFA-W3-211 wind turbine airfoil (solid line).

Notably, the steep negative angles of attack encountered by wind turbine tips in above rated wind speeds are not typical of the

widely researched transonic buffet that occurs over supercritical airfoils. This emphasizes that transonic buffet on wind turbine

airfoils could be strikingly distinctive and is, therefore, in need of dedicated research,

For investigating complex turbulent flows, URANS is a popular technique as it offers a good compromise in terms of fidelity
100  and computational expense between higher-fidelity but extremely resource-intensive techniques — like Large Eddy Simulation

(LES) or Direct Numerical Simulations (DNS) — and e iti fon-of

Fhis-study seeks-to-address-this-gap-by foeusing-on-low-fidelity models like XFoil that do not capture shock waves at all.

However, URANS results rely heavily on turbulence modelling assumptions and may struggle to capture the correct physical
behaviour, especially for hi

hly nonlinear phenomena such as transonic buffet (Illi et al., 2012). This highlights the need to

105 obtain experimental results that can serve for URANS validation.
The present study addresses this research gap by experimentally investigating transonic flow occurrence over the FFA-W3-
211 airfoil, which is employed-used at the blade tips of both the IEA 15MW-and-22MW-reference-wind-turbines-—By-using
ememn%e&e%m\mwwmm%mm%@ this research aims to provide
crucial insights into the transonic.
next-generation, large-scale wind turbines.

2 Experimental Design

In their study, De Tavernier and von Terzi (2022) defined the boundary between the subsonic and transonic flow regimes for
the FEA-W3-211 airfoil. This boundary was determined in terms of the inflow Mach number, Ma., and the angle of attack,

115 AoA, using isentropic flow theory combined with the Prandtl-Glauert compressibility correction and XFoil simulations. Based
on this transonic envelope, OpenFAST simulations revealed that the tip airfoil of the IEA 15 MW RWT, when operating near
cut-out wind conditions and under high free-stream turbulence levels, can experience large negative AoAs (10° to support
the-future-design-and-operation-of Jarge-seale-wind-turbines—15°) at moderately high subsonic Mach numbers (Mayg ~ 0.3).
Under these conditions, the tip airfoil may intermittently enter the transonic flow regime.

120 Vitulano etal. (2025a) employed URANS simulations to test the predictions of the XFoil-based transonic envelope calculations.
This is illustrated in Fig. 2, where the transonic envelope is represented by the solid black line. Here, the red circles highlight
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Figure 2. Subsonic-transonic boundary for the FFA-W3-211 airfoil generated using XFoil (solid black line), with symbols representin

URANS simulations showing only subsonic flow (grey crosses), local supersonic regime established (red circles), and configurations in
which shock waves appear (green squares) for different Reynolds numbers; from Vitulano et al. (2025a).

cases where local supersonic flow is detected, but no shock waves occur. The green squares denote cases where shock waves
occur. It is also important to note that the URANS simulations were conducted for a fully turbulent boundary layer over the
airfoil. Interestingly, it is evident from the same figure that the Reynolds number (Re) is also a crucial parameter for determining.
the onset of shock waves, apart from the inflow Mach number and angle of attack.

Notably, at a Re of 1.8 x 10° (close to that of the present experiments). shock waves only start appearing at an inflow Mach
number of 0.6, However, when Re increases to 9 > 10 (similar to full-scale wind turbines), shock waves are detected already
at Ma % 0.45. Furthermore, hysteresis effects on pitching airfoils can further lower this threshold to Ma ~ 0.35 at Re ~ O(107).
(Vitulano et al., 2025b). These inflow Mach numbers closely approach those observed on the tips of large turbines such as the
IEA 22 MW RWT, and corroborate the growing importance of accounting for compressibility and shock waves on large rotors.
There is a physical explanation for the Reynolds number influence on the occurrence of shock waves observed in the URANS

simulations. For a turbulent boundary layer, a higher Re results in an increased resilience to separation under adverse pressure

radients (Drézdz et al., 2021), such as those imposed by high angles of attack. This means that at higher Re, the airfoil is

better able to maintain its effective camber and promote high accelerations necessary for producing shock waves. Also, this
effect is especially pronounced at steep inclinations, where the boundary layer is more prone to separation.

The Reynolds number dependency of the onset of shock waves has important implications for the experimental design. In
our current wind tunnel test facility, a maximum Re ~ 10° can be achieved (see Section 3.1 for more details). It is seen from
Fig, 2 that a combination of Re ~ 10% Mas, ~ 0.3 — 0.4, and any AoA cannot produce shock waves. It is, however, possible
for shock waves to occur if May is raised to 0.6 in the wind tunnel. Thus, due to the Re dependency, we require a higher
inflow Mach number in our experiments to simulate equivalent transonic flow physics (i.e., occurrence of shock waves) that we
would expect on a full-scale wind turbine blade at lower inflow Mach numbers but significantly elevated Reynolds numbers.
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Effectively, all three parameters, i.e., Re, Ma,, and AoA, determine the onset of supersonic flow and shock waves in our case.

Consequently, we choose to perform our measurements at Ma.., of 0.5 and 0.6 for Re ~ ((10%). This allows us to confirm

redictions made by Vitulano et al. (2025a) and shown in Fig. 2 regarding the transition to transonic flow with (Ma., = 0.6

and without (Ma,, = 0.5) shock waves as the AoA is reduced for the same wind speed.
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Figure 3. The transonic envelopes showing the separation between complete subsonic flow and transonic flow (i.e., with pockets of local
supersonic flow) over the FFA-W3-211 airfoil as a function of the inflow Mach number (Ma.,) and the angle-of-attack (AoA), all at a

Reynolds number of 1.8 x 10°. Different envelopes pertain to different simulation methods: XFoil with transitioning boundary layer, i.e,

clean airfoil (solid black line), XFoil with fully turbulent boundary layer, i.e., tripped airfoil (red dashed line), and URANS with full

turbulent boundary layer (blue diamonds). Yellow circles represent the experimental data points selected for the current study.

The choices of AoA are then decided based on the transonic envelope. For comparison, three different versions of the
transonic envelope are presented in Fig. 3. All the transonic envelopes are for a Reynolds number of 1.8 x 10°. i.e,, close to the
actual value of our experiments. Two different versions of the transonic envelope calculated with XFoil (and Prandtl-Glauert
compressibility correction) are shown: one with a fully turbulent boundary layer (equivalent to a tripped airfoil with a fixed
transition location, shown as a red dashed line) and the other with a freely-transitioning boundary layer (equivalent to a clean
airfoil, shown as a solid black line). These two dis
envelope is based on URANS simulations conducted at the same Reynolds number of 1.8 x 10°, with a fully turbulent boundary
layer, marked as blue diamonds. Compared to_the XFoil calculations, the URANS envelope shows a more conservative
prediction at negative AoAs steeper than —6° and positive AoAs steeper than 8°. However, for AoAs between —5° to -£5°, the
URANS envelope predicts transonic flow to occur at lower inflow Mach numbers compared to the XFoil envelopes._

The experiments in the current study have been conducted on a clean airfoil model, given that there is no significant

ed airfoils (according to XFoil). Three geometric

lay no remarkable differences, except at hich AoAs. The third transonic

difference in the prediction of transonic flow occurrence for clean versus tri




angles of attack (AoAs) for each inflow Mach number are tested: —4°, —6°, and —10°. The selected combinations of inflow

160 Mach number and AoA allow investigation of the transition from subsonic to transonic flow, either through increasing negative
AO0A at a fixed Mach number (e.g., —6° to —10° at Ma

= 0.5) or increasing Mach number at a fixed AoA (e.g.

Table 1. Experimental conditions.

Inflow velocity (Us 166 & 197 m/s
Total pressure (po) 20 bar,
Total temperature (1p) 288 K

Model span_ 280 mm

The AoA and Mach number values that are reported in the subsequent discussion are those without corrections for wall

interference and blockage effects, resulting from the finite test section height and model size. Blockage corrections according

165  to Herriot (1947) suggest that the effective Mach number in the test section is up to 3% higher than nominal values (see

Table 1); moreover, AOA corrections were not applied. While these uncertainties slightly shift the reported test conditions, the

overall flow physics is not expected to deviate significantly from full-scale behavior. For clarity, all results are presented in
terms of uncorrected May, and geometric A0A.

3 Methodology
170 3.1 Wind Tunnel Facility

Measurements on a static FFA-W3-211 airfoil have been performed in the TST-27 transonic-supersonic blowdown-type wind
tunnel at the Delft University of Technology (Figure Fig. 4). In the transonic mode of operation, the free-stream Mach number
in the test section is controlled by a choke mechanism downstream of it and can be varied in the range 0.5+0.01 to 0.85+0.01.
The test section is 255 mm x 280 mm in height and width, respectively, with transparent windows for optical access present
175 en-in both sidewalls. The total pressure in the tunnel can range from 1.5 — 4 bar, which allows ene-to-vary-variation of the
Reynolds number for-the-same-independent of the Mach number, and is set to py = 2 bar in the current experiments;-while-the
. The total temperature, which is not actively controlled, is Ty = 288 K. For the current study, Mach numbers of 0.5+ 0.01 and

0.6 +0.01 are considered, which correspond to free-stream velocities of 166 and 197 m/s, respectively.
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Figure 4. A schematic of the Transonic-Supersonic Wind Tunnel (TST-27) (B- = left), showing (1) settling chamber, (3

test section, (5) choke, and (6) diffuser; a picture of the airfoil model installed in the test section of TST-27 (right).

3.2 Wind Tunnel Model

The tip airfoil used in the IEA 1SMW and 22MW RWTs is the FFA-W3-211 (see Figure-22?Fig. 1), belonging to the DTU FFA
series (Bertagnolio et al., 2001). A model of the airfoil with a chord (c) of 67 mm was used for the tests, with a maximum
thickness-to-chord ratio (£,,4,/c) of 21%. The model spans the entire width of the test section, resulting in an aspect ratio
of more than 4, to approach 2D aerodynamic behavior. At the maximum inclination of 10°, the geometric blockage ratio is
~ 6%. W

orientation—The AoA of the model is adjusted manually using a digital angle gauge with an uncertainty of £0.1°, and the

values reported throughout refer to the geometric AoA with respect to the conventional orientation, which would be different

from the actual AoA in the test section due to wall interference effects on the streamline curvature.
3.3 Schlieren Imaging

Schlieren imaging maps the gradient of the refractivity of a medium, which can be interpreted as a visualization of gradients
of density and is thus useful for identifying compressible flow features such as shock and expansion waves. For the current
study, Sehlieren-schlieren is used as a preliminary analysis tool to identify-conditions-of-partieularinterest-that-need-to-be

investigated-in-depthobtain a quick and qualitative impression of the general flow-field, especially shock waves. A Z-type
Sehlieren-schlieren setup is employed, using a white LED with a 1 mm diameter pinhole for illumination, and images are

acquired at a rate of 100 Hz using a LaVision Imager sCMOS at a cropped resolution of 1920 x 1038 pixels, corresponding to
a field of view of 112 mm x 61 mm in the streamwise and vertical extent. The exposure time is maintained at 9 s in-erderto

avoid blurring of the shock motion.
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3.4 Particle Image Velocimetry

Particle Image Velocimetry (PIV) is used in a planar configuration to measure two components of the velocity field at the
spanwise center plane of the airfoil model. Given the full-field and quantitative measurement capabilities of PIV, it is employed
as the primary diagnostic tool in this investigation to study the occurrence of transonic effects. For seeding the flow, DEHS
(Di-Ethyl-Hexa-Sebacat) particles are used with an average diameter of 1 pum. For illuminating the particles, an Nd: YAG laser,
with a wavelength of 532 nm, is shaped into a light sheet of approximately 1.5 mm thickness and projected along the spanwise
center of the TST-27 test section, operating at a repetition rate of 15 Hz. Two LaVision Imager sCMOS cameras meounted
equipped with Nikon Nikkor 105 mm lenses are used with an f-stop of 8 on either side of the test section to aegtire-capture
the particle images at an acquisition frequency of 15 Hz, with an overlap between the two fields-of-view that are combined
later-to create a total field-of-view covering ~ 98 mm X 55 mm in the streamwise and transverse directions, respectively,
at a scale of approximately 49 px/mm. This translates to a total field of view spanning 146 x 82 % of the chord. In total,
1200 snapshots are recorded for each experimental configuration, to ensure enetgh-instanees—for-the-convergence of flow
statistics. The synchronization between the cameras and the laser is achieved using a LaVision Programmable Timing Unit
(PTU) controlled by a PC using LaVision DaVis. The acquired raw images are then processed in LaVision DaVis to obtain the
velocity field;-which-has-fields, which have a velocity vector pitch of 0.16 mm, in both streamwise and vertical directions. A
schematic of the experimental setup is presented in Figure-Fig. 5. Further post-processing of the velocity fields has been carried
out using MATLAB.

3.5 Local Mach number calculations



220

225

230

235

Using-the-energy-equation-for-Under the assumption of adiabatic flow (i.e. the-a constant value of the total temperature), the
energy equation allows the local Mach number ean-to be related to the local velocity magnitude, U, and the total temperature
of the flow, Tp+, according to:
U
MaMa = (1)
VIYRTy - (334 U2

The total temperature is determined as the temperature that is measured in the settling chamber of the TST-27(see-Figure
wind tunnel (see Fig. 4), using a thermocouple with an accuracy of ++>+1°C. During the experiments, the measured total
temperature varied in the range 15-17°C. The overall results were not found to be remarkably sensitive for-to small variations
of the total temperatures-temperature in the given range;-; hence, an average value of Ty = 288 K is-has been used throughout.
Since both streamwise and vertical velocity components, (u,v), are obtained from the post-processed PIV measurements, it is

relatively straightforward to determine the local Mach numbers using equation—+Equation 1, with U = u? + v2.
3.6 Uncertainty Quantification

The experimental measurements are assoeeiated-with-affected by several uncertainties, and these are estimated below. The aim

of this inventory is to show that the uncertainty values are sufficiently small compared to the mean values of the measurements.
Thus, conclusions can be confidently derived from the trends seen in the mean and standard deviations of the measurements.
The uncertainty estimates are tabulated in Table 2, and are further explained in the following text.

Table 2. Sources of uncertainty.

Source Valye  Unit,

Standard deviation of total velocity, e¢;; <202 mis
Mean of local Mach number, epgy <001 -
Standard deviation of local Mach number, eqpp, . S 0.005. -
Spatial resolution, €z si%n -

Since the ensemble size used for calculating statistical quantities is finite, it leads to a statistical convergence uncertainty
related to both the mean and standard deviation estimates. This is quantified using the standard deviation, o, = v u'2, and

ensemble size, NV, (Benedict and Gould, 1996)as. The result for the mean value is:

£g = 2
VN

And on the standard deviation itself:

£y, = — 3)

10
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To estimate an upper limit to the statistical uncertainties, the maximum standard deviation value in the flow-field is used to
calculate the same. In the current study, the acquisition rate (15 Hz) is sufficiently low to consider subsequent PIV snapshots as
uncorrelated, which means that we can use the total number of snapshots, N = 1200, to calculate the statistical uncertainties.

Another uncertainty arises from the cross-correlation procedure employed to calculate velocities from the particle image
pairs. For planar PIV, the uncertainty, €., is estimated to be 0.1 pixels. It can be further translated in terms of uncertainty in
instantaneous velocity as (Humble, 2009):

Ecorr
cc ™ 35 o, 4
S T 0ot @

where M = 0.32 is the magnification in the current setup and Jt is the laser pulse separation time.
Finally, the window size (W S) used for cross-correlation allows resolving flow structures up to a certain limit, which is

represented by a wavelength \. The resulting uncertainty is modelled using a sinc function, as shown by Schrijer and Scarano

(2008).

Egp = 2 _ sine (WTS> ()

Uo

A multi-step correlation procedure, also employed in the current study, makes this uncertainty less pronounced. Also, given that

the smallest resolvable flow structures are twice the window size (De Kat and Van Oudheusden, 2012), it is safe to approximate

that e, < 1%.
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4 Results

4.1 FEoeallMach-Number Trends
In all the figures presented henceforth, the flow direction is from left to right.

41 Local Mach Number Trends

The first set of cases is pres i A erss—-0-5shown in Fig. 6 for an inflow Mach number of Ma,, = 0.5.

initions. | angles of attack (AoA), —4° and —6°, are predicted to be
confirmed by the corresponding mean local Mach number for-AoA—=—4%-inFigure-6adistributions in Fig. 6. For AoA = —4°
(Fig. 6a), the maximum local Mach number achieved-is-0-8—This-oceurs-close-to-reaches approximately 0.8 near the airfoil
surface ﬂmmmmmm;m@ A similar ebservation-is-also-madefor-the

attrend is observed for AoA = —6°.

The two shallower 1

Fig. 6¢), though a larger portion of the flow #
6e—Alseaccelerates to this maximum value. Additionally, the flow fs—seen—te—aeee}efafeqwekeﬁafetmekaccelerates more rapidl
ationdue to a stronger

near the leading edge

suction peak associated with the increased incidence.

W the leading edge m%@wmﬂ%mmmmmwm
conditions in the mean sense(Figure-flow (Fig. 6e). According to the transonic envelope predictions-inFigure 3-an-Aoli-of
—H0*-at-Mass—="0-5ties-deep-(Fig. 3), this configuration lies well within the transonic flow-zoneregime. However, the mean
loeal-Mach number field suggests only the-prebability-of-a-tiny-pecket-of-a tiny region of potential supersonic flow at the
leading edge.

None of the-above-configurations-are-able-to-achieve-consistent-these cases achieves sustained sonic conditions, which-is
elear-as can be inferred from the standard deviation ir-of the local Mach numbers—Close-to-the-leading-edgenumber, Even for

13
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Figure 6. Contours of Mach number: mean values (left column) and standard deviation (right column) for A4t¢=—=+6-5Ma,c = 0.5. The

white dotted line shows zero streamwise (x) velocity.

335

this indicates that brief, localized supersonic pockets may intermittently form at Ma., = 0.5, AoA = —10°. This possibilit
340 is examined further in Section 4.2. For the other two cases, there is no i
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and-standard-deviation-of-the-Joeal- Maeh-numbersevidence of supersonic flow in either the mean or standard deviation fields,
consistent with the transonic envelope predictions.
As the inclination is-steepenedincreases, a strongly fluetuating-unsteady shear layer is seen to emerge in the flow. This is
reflected in the standard deviation of the local Mach number for different inclinations. For AoA= —6°, the fluctuating shear
345 layer is—suggested-appears to start from z/c~ 0.5 (Figure-Fig, 6d); for the steeper AoA= —10°, it starts more upstream at
x/c~ 0.4 (Figure-Fig. 6f). Thisis-indicative-of the-
Steep angles of attack generate strong adverse pressure gradientsdeveloped-downstream-of-the-maximum-thickness-—as-the
airfoilsteepens; possibly resulting in-flow separation-, leading to significant flow separation over the airfoil. For AoA = ~10°,
a large separated region is visible in the mean flow-field, as highlighted by the white dashed line in Fig. 6. The white dashed
350  line represents the contour of zero streamwise velocity, which is used as a proxy to indicate separated flow regions in this study.
It is to be noted that this provides only a conservative estimate of the recirculation region. In contrast, the shallower angles of
attack show no such separation. This separation reduce the effective camber, a factor that will play an important role in the next

set of results.
In Figure-Fig. 7, the mean and standard deviation of the local Mach number are presented for the higher free-stream Mach
355 number of 0.6, for the same AoA values. A mean local Mach number equal to +-unity is marked with a solid black line, while

a white dashed line indicates zero streamwise velocity. Note that the contour scales are consistent across Figs. 6 and 7 to assist
comparison.

Now, the free-stream is energetic enough to result in local supersonic pocketinereasting-with-steeperinelinationFuarthermore;
360 flow regions (transonic flow) owing to the suction peak generated at the airfoil leading edge. All three inclinations show
supersonic flow pockets, increasing in extent with increasing steepness. From basic transonic flow physics, it is expected that

upon increasing the angle-of-attack, the shock that terminates the supersonic region shifts more downstream (Tijdeman and Seebass, 1980)
&Wmm Stﬂ%ef—flfrﬂupersomc pocket

365

steeper.

370 intermsofthe This inversion’ of the supersonic region movement towards the leading edge upon increasing the AoA beyond
acritical value is a necessary condition for the onset of transonic buffet, as described by (Pearcey, 1958). Itis a consequence of
the trailing-edge separation in the mean flow due to a high inclination of —10°. As discussed previously, such a steep inclination
already results in large-scale flow separation even without local supersonic flow, as was observed for the lower May, = 0.5
at AoA = —107 in Fig. 6e. This causes a decrease in the effective camber of the airfoil. Upon increasing the inflow Mach

375 number to 0.6, local supersonic flow is produced, which terminates prematurely to match the pressure imposed by the incipient
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Figure 7. Contours of Mach number: mean values (left column) and standard deviation (right column) for M-t=—=+6-6Ma,c = 0.6. The

setid-dotted black line represents a local Mach number of 1. The dotted white line indicates zero streamwise (x) velocity.

trailing-edge separation at —10°. This highlights the uniqueness of the current conditions, notably, the steep inclination and

the resulting trailing-edge separation. Such extreme camber/inclinations and the resulting incipient trailing-edge separation are

not encountered in typical transonic flow studies for supercritical airfoils (D’ Aguanno et al., 2021; Accorinti et al., 2022). In

the present case, trailing-edge separation is already present at non-transonic conditions, and the supersonic flow pocket has to

adjust to it. This also raises interesting questions on the resulting shock-separation interaction under such conditions, explored
further in Section 4.1,
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Another interesting point of comparison between Mao, = 0.5 and Mag, = 0.6 at AoA = —10° is the decrease in mean-flow
separation extent upon increasing Ma.. This is evident from observing the white dotted lines enclosing the region of separated
flow in Figs. 6e and 7e. The reason for this is that the oscillations of the shock wave in the case of May = 0.6 interact
with the separated flow, causing large variations in instantaneous flow separation similar to that observed in typical transonic
buffet cycles (D’ Aguanno et al., 2021). When the shock is more downstream compared to its mean location, flow separation is
significantly reduced. Hence, there is also a reduction in separation in the mean flow. This is illustrated again in Section 4.2,

The standard deviation of the local Mach number it i i
m@%mwmmw&mwwmmwwm
Figures 6 and 7 «it is-clear that ahis . ationsin ,
also reveals that higher inflow Mach numbers amplify these fluctuations at the same AoA. Interestingly; At May, = 0.6, all
cases_exhibit a region of relatlvely h1gh standard deviation (%@%%W%WW&M%%
~0Ma 2 0.1 -0.19) extending
transversely near the maximum thickness, as shown in Figures 7b, 7d, and 7f. WMMMM
the corresponding downstream edge of the local supersonic gi i 6 :

e%htg&smﬂdﬁédﬁ%ﬁemﬂﬁe%a&mumbﬁm

for AoA = —10° (Fig. 7f), o reaches ~ 0.15 between /¢~ 0.15—0.35 and y/c = —0.2from-the-airfoil-surface—tn-the
sam&%paﬂ&keﬁemwmww the mean lecal-Mach-number-varies-between-Mach number ranges from 0.9 and
to 1.2 i i

ﬁiggesﬂﬂg—fhe—pesstbthfy—ef—a—mevmg Fig. 7e), implying instantaneous values between ~ 0.75 and ~ 1.35. This suggests that

instantaneously, the flow at the location might be either subsonic or supersonic, possibly due to being traversed by an unstead
shock wave. is- i i i ining-i

trends appear for AoA = —6° and —4°, with intermittent transitions between subsonic and locally supersonic states suggested
by the mean and standard deviation i i - teti

Ma,, = 0.6, yet both the mean and standard deviation fields indicate its presence and unsteady shock wave (Figures 7a, 7b).
This discrepancy highlights uncertainties in the ten 1541 i
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envelope predictions, suggesting either a lower actual envelope or an increased effective inflow Mach number due to block-
sime, or both.

number proved insightful in understanding the features of transonic flow over the FEA-W3-211 airfoil, they are not sufficient
to characterize the unsteadiness associated with shock waves and flow separation. To investigate flow intermittency in terms of
supersonic flews-the-and separated flow, their probability of occurrence ef-supersonic-conditions-in-the-flowfield-in the flow-field
is calculated. This is-simply-givenby represents how often a point in the flow-field experiences supersonic/separated flow, and
is_simply the ratio of the number of snapshots with supersonlc@gggrﬁvterﬂOW at a pafﬁeu}aﬂeeaﬂeﬂmm

to the total number of snapshots:

n (z,y)
PMa>1(37>?/) = Ma>]\1] s (6)
o nu<0(x,y)
Pu<0(x7y)*T7 (7)
where and P, represent the probability of supersonic and separated flow, respectively, n denotes the number of

snapshots exhibiting supersonic or separated flow at a given location (x and N is the total number of snapshots. Thus, the

probability map also reveals the spatial extent of the investigated feature. The resulting probability fields for selected cases are
m&%ﬂ@ﬁ%ﬁmow supersonic flow:-AoA=—4"and—6>

is—, they are excluded from the present analysis. The red
colormap is used to represent the probabilities of local supersonic flow, while the blue colormap shows that of separated flow.
A 3% probability for each is denoted by the black dashed line, which is used as a reliable threshold to mark the full extent of
supersonic/separated flow regions.

For the shatlowestAe/A-of Starting with the probability of supersonic flow for different conditions, we see a steady growth
in the extent of supersonic flow as the inclination is increased from —4° (Fig. 8a) to —6° (Fig. 8b) at May, = 0.6, extending.
more upstream, downstream, and transversely. Also, at —67, supersonic flow is seen to occur close to 100% in a significant
region between x/c ~ 0.1 = 0.25. When the inclination is further steepened to —10° at M-trss—0:6;the-Jocal-flow-becomes

AP%Eeepef%eA—fe%%h&%&me—}\%H—fﬁfM = 0.6 (Fig. 8c), we see the region with supersonic flow shift more upstream
compared to —6°. This was already remarked upon in the mean flow-fields for the same two cases, and the reason for this is
the large flow separation induced by the steepest inclination.
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Figure 8. Distribution of the prebability-probabilities of supersonic flow ( red colorscale) and separated flow (P, -, blue colorscale
for different easesconfigurations. Fhecontourcorresponding-to-a-A probability of 6:5-5% is marked with a-dashed tine-in-(a)(b)-and-teyblack

lines Note-that-the-magnification-and-the-contourseale-are-different-for(d)-

At this point, it is relevant to look at the probability of separated flow. For the lower inclinations of —4° and —6° at
Ma = 0.6, there is no separation detected in the mean flow; however, the probabilities show that some intermittent separation
occurs. However, instantaneous separation for these two cases appears to be only very minor and does not interact at all with
the corresponding local supersonic flow pocket.

At the steepest inclination of —10°, ik

a-50instantaneous flow separation is seen to occur over a significant spatial extent. At Ma, = 0.5, the 5% probability line of
flow separation starts near x/c ~ 0.4 (Fig. 8d). In comparison, the 5% probability of supersonie-flow-oceurs-over4/c~—0:2
&ndw—/e%@{}%—@%—te%fﬂiefﬂpsﬁe&ﬁﬂrse aration starts from /¢ ~ 0.35 for the elevated Ma,, = 0.6, as shown in Flg Se-

The separated flow is also in close proximity to the supersonic flow region. This suggests that the unsteady shock wave might
be interacting with the separated flow, pulling it more upstream intermittently.

supefsem&ﬂew—eﬂlrfafetmek%&%SAnother clue supporting an unsteady shock-separation interaction is the difference in
separated flow probability distributions between Ma,, = 0.5 and 0.6 at AoA = —10°. It is clear that at the lower Ma,,, when
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no shock waves occur, a significantly larger region of the flow remains separated close to 100% of the time —"PhtSfeffespeﬂds

of Hn-the-othereasesHtisevidentthata-drep-inMea=—(Fig. 8d). When Ma . is increased, the probability of separation in the

ig. 8¢), which indicates that an unsteady shock wave might be intermittently decreasing the extent

of flow separation in sync with its downstream motion. As discussed earlier, this is a typical feature observed in transonic buffet
cycles (D’ Aguanno et al., 2021).

It was earlier noted that increasing Ma, from ©:

decrease in mean flow separation. Here, the probabilities show that this does not translate to a decrease in flow separation
in_an instantaneous sense. Rather, the eny tons—inFi is

se—decrease is an artefact of the unstead

shock-separation interaction, which may instantaneously decrease or even increase the extent of flow separation compared to
the no-shock case.

region of intermittent local supersonic flow is observed at AoA = —10 in Fig. 8d. It is highlighted in the zoomed-in view
at the leading edge, showing a ~ 30% probability of developing supersonic flow. However, it does not lead to any supersonic.
pockets in the mean flow, as seen in Fig. 6e.

For comparative purposes, a cumulative probability metric to characterize the occurrence of supersonic flow is defined, which

ives a single measure that combines the spatial extent and local probability strength. This metric is calculated by integrating
the probability value over the domain, as follows:

- z y vy
AMa>1AMa>1:/ PJ\Ja>1]\\4\a}\>N1(xay)'d<E>d e R ¥

Similarly, a probability-weighted area of separated flow is also defined, using negative streamwise velocities as a proxy to
approximate the separated flow region:

Az = [[ Pucolan) d(‘z)d(ty) ©

The corresponding values of

chanees-of supersonie-flow-are—The-this probability-weighted area of supersonic flow (A, ,) and separated flow (A4, o
represent, respectively, the extent and frequency of supersonic and separated flow.

Mathematically, the quantities defined in Equations 8 and 9 are equivalent to the mean of the instantaneous areas of
supersonic and separated flow, respectively. The instantaneous areas of supersonic (A, ) and separated flow (A.,) are defined
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for each snapshot as:

A= | fMa>1($7y)'d(i>d<tniz>7 (10)
A= | fu<o<x,y)~d(”;)d(ty ) an

500 where,

1, ifMa>1 1, ifu<0
fMa>1 = ; fu<0 = (12)
0, ifMa<l1 0, ifu>0

In Equations 8-11, Ma denotes the local Mach number while u represents the streamwise velocity component. All quantities
are, by definition, normalised by chord x max. thickness of the airfoil, ¢ - £,4,.. The corresponding values are tabulated in Table
3+ for the configurations considered, providing a quantitative confirmation of the previous observations. The instantaneous

505  separated flow area (A.p) is encountered again when studying the shock-separation interaction in Section 4.1._

Table 3. Cumulative probability-of supersenie-Ssupersonic and separated flow region areas [% of chord x max. thickness, ¢ tmee]-

Case A= AMas . Auzo.

EMean Asup)  (EMean Auep)
Meass="0:6Mas = 0.6, AoA= —4°  470>16-22.14 047
Mes=0:6Mas, = 0.6, AoA= —6°  +:99-x16-210.09 0.62
Meass="06May = 0.6, AoA= —10°  2:7+10-213.62 9.95_
Mese=0-5May = 0.5, AoA= —10°  5:041+6=20.05 16.43

4.3 Occurrence of Shock Waves

of So far, the mean flow-field, along with the standard deviations and probability of local supersonic flow, has hinted at the

occurrence of unsteady shock waves in some cases. A quick and qualitative visualization of shock waves is obtained through
510  schlieren imaging. In Fig. 9, we use instantaneous schlieren frames to compare two cases to see the distinction in flow-fields

when shocks appear versus when they do not. Wi i ' ienel ’
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Figure 9. Instantaneous Sehlieren-schlieren images showing the-appearanee-of-no shock waves in (ea) ~-while clear shock waves appear in
(eb) ~Hh)yand-(ybetween x/c = 0.2 — 0.4.

are-observed—for-both-Mas=-0-55-Figure22)-With the current schlieren setup, regions darker than the background gra

the previous analysis of PIV results. It is also important to note that there appear to be multiple shock waves in Fig. 9b. The
underlying reason is that schlieren produces a spanwise-integrated visualization, and a curved shock front appears as multiple
shoek-waves-in-a-Sehlierenimage—shocks in the image. Schlieren images of additional cases can be found in Appendix B.

With PIV, the shock front is identified more unambiguously since the measurements correspond to a single plane, which is

at the spanwise center of the model in this case. All cases discussed henceforth pertain to #46=s="0-6Ma, = 0.6, since the
earlier discussion already revealed that no shock waves were observed at M =="0-5Ma,, = 0.5. At an AoA of —10° and
Merms—="0-6Ma,, = 0.6, the shock wave also demonstrates a strongly unsteady nature, as evident from selected instantaneous
Mach number contours shown in Figure-Fig. 10. The shock position is observed to vary between x/c = 0.2 in the leftmost
frame to z/c = 0.35 in the rightmost frame. These-loeations-are-This is in good agreement with the region of high standard
deviation in the local Mach number (z/c = 0.15 — 0. 35) i i i
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Figure 10. Instantaneous PIV frames for #4t===0-6-Ma,, = 0.6 and AoA= —10°. A local Mach number of 1.0 is marked with a solid
black line.

in Fig. 7f. Simultaneously, the snapshots in Fig. 10 give

further evidence of a high unsteadiness of the separated flow region, which appears to be related to the shock motion, as

commonly observed in transonic buffet studies (D’ Aguanno et al., 2021).
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Figure 11. Probability distribution of shock locations for A4=—=-0-6various angles of attack at Ma., = 0.6.

A shock wave detection procedure is—employedfor-has been applied to the PIV snapshots (see Appendix A for details),
540 which-helps-in-tracking-the-oseillatingsheek-waveto track the unsteady shock wave position frame-by-frame. At this low

acquisition rate of the PIV data (15 Hz), subsequent PIV frames represent a random sampling of the shock motion cycle, i.e.,

two consecutive frames can have the shock being in completely different phases of the oscillation cycle. AdseAlthough this still

allows a statistical characterization of the unsteady flow, the low acquisition rate means-that-implies that dynamical features
such as the shock motion frequency, which is of a higher order, cannot be determinedestablished. Instead, a probability density
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function (pdf) of the shock location for different cases is calculated to gather-provide further insight into the shock dynamics;
shown-inFigure-, This is shown in Fig. 11. Here, it is worth neting-mentioning that the pdf is normalized with respect to the
total number of frames recorded in each case, and not by hew-manyframes-in-total-the total number of frames that exhibit a
shock wave. Thus, the area under each curve is representative of what-pereentage-of-time-the fraction of time that a shock wave
is detected, for the particular configuration.

With the shallowest AoA of —4°, the pdf-shock pdf (solid blue line) is centered around 34% of the chord, with a tetal-spread
range of ~ 20% of the chord. In comparison, when the AoA is slightly steeper at-to —6° ~(red dotted line), the shock pdf

eak shifts to x/c ~ 36% and a higher oscillation range = 25% of the pdf—pealedeefeases—&ﬂeHs—ﬂeWLeemefed«%}eseﬁe%%

getstrongerchord. Thus, the mean shock location shifts downstream, and the oscillation range extends. At the steepest AoA of
—10°, the shock pdf has a much tewerA] nggg\peak and is centered more upstream ‘ﬂﬁ%@ﬁ&%ﬂﬂh&mm

with a much wider spread:

aﬁd—\vw%h—a—gfeafeeeseﬂlaﬂeimﬁgex ¢ ~ 7 —40%. The upstream shift at the steepest AoA —Similarconclusions-ean-be-drawn

sheek-oseillation-behaviouris-alse-captured-in-the-was already expected based on the previous analysis of the mean flow-fields,
owing to the large flow separation. The mean and standard deviation values of the shock leeations-for-different-easesslocation

for the three cases are tabulated in Table 4. A

Another noteworthy outcome from the shock wave detection is how frequently a shock wave is detected for the different

cases. As discussed before, this can be calculated by integrating the areas under the pdfs to obtain the overall probability of

shock occurrence as follows:

Pshock = /pdfshock:(x) -dx (13)

In the same fashion, the overall probability of supersonic flow (Prra=1Fsy;) can be calculated as the ratio of the number of

frames-snapshots that contain a minimum threshold of supersonic vectors to the total number of frames-snapshots recorded.

Note that this is a different measure compared to Anra=1T-Apa., and Ag,, presented in section 4.2 and Table 3, which

were used to quantify the spatial extent of supersonic flow. In contrast simply reflects how often local
supersonic flow is observed for a certain configuration, and-the-values-are-presented-inTFable-4-—without taking into account the

strength and size of this supersonic region.
It is interesting to compare the values of Pspocr and rra=1-Psyy, as given in Table 4. For the shallowest AoA of —4°, local

supersonic flow occurs 97% of the time;-; however, shock waves are detected only in 48% of the frames. Thus, the supersonic

flow pockets do not converge into shock waves each time. The intermittency in shock occurrence is iustrated-in-Figure further
illustrated in Fig. 12, where three instantaneous frames for #46ss—=06-6-Ma,, = 0.6 and AoA= —4° are shown, and the local

24



Table 4. Characteristic properties of shock occurrence at M -trss—=-6-6May, = 0.6.

Case Mean Zspock [% of chord]  Std. dev. Tspock [% of chord]  Pspock [%]  Prrast-Psug [%]
AoA= —4° 33.8 3.0 48 97
AoA= —6° 353 3.2 79 100
AoA= —10° 25.3 5.5 95 100

supersonic pocket is marked with a solid black line. The left and middle frames are seen to contain supersonic flow pockets,
580 but these are small and do not terminate abruptly se-as-to-indicate-with a shock. However, the right frame contains a relatively
larger local supersonic region, which culminates in a shock wave, as suggested by the vertical-shape-of-the-nearly vertical

downstream edge of the supersonic pocket and the abrupt drop in local Mach number.
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Figure 12. Instantaneous PIV frames for Mtss—=0-6-Mao, = 0.6 and AoA= —4°. A local Mach number of 1.0 is marked with a solid

black line. All three frames show a local supersonic flow region, but only the rightmost frame contains a shock (at z/c = 0.4).

For the two steeper AoAs, supersonie-flow-always-eeeursthe probability of local supersonic flow is 100%, as noted in Table

4. However, for AoA= —6°, shock waves are observed around 79% of the time, whereas for the steepest inclination of —10°,

585 95% of the frames exhibit shock waves. Fhusln conclusion, the occurrence of supersonic flow is-net-a-forms no guarantee

of a shock wave forming, especially for shallower AoAs, where shock wave occurrence could be intermittent rather than

590 4.1 Shock-separation interaction
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frequeney-and-intensity-of-transonie-flow-effeets-separated flow already hint at the existence of unsteady shock waves. This was
further confirmed in section 4.3. However, unsteady shock waves do not always lead to the establishment of shock-separation
interaction in the current investigation. For example, there was no hint of instantaneous separation bubbles triggered by the

shock waves suggested by the combined probability of supersonic/separated flow occurrence for Ma,, = 0.6, AoA = —4°
=0.6,A0A = —10°. The

ig. 8). The only case where shock-separation interaction seems a possibilit

rimary reason for this is that the inclination is already steep enough to trigger trailing-edge separation without shock waves.

However, it is unclear whether the shock waves are strong enough to induce separation by themselves, and any interaction is

a result of the unsteady nature of the shock and its overlap with the already separated flow. In this section, the focus is on

Ma,, = 0.6, AoA = —10° to establish shock-separation interaction and to analyse the resulting unsteady flow-field.
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Figure 13. Probability distribution of instantaneous separated areas Figure 14. Shock location versus separation area for
for Mag, = 0.5 & 0.6 at AoA= — 107, Mag, = 0.6,A0A = 107

First, the probability distribution of the instantaneous separated flow area (A.,, as defined in Equation 11) is considered

for Ma,, = 0.5, AoA = —10°, a case without mean supersonic flow and hence without shock waves. The correspondin,

distribution is shown in Fig. 13 (blue line). The distribution exhibits a Gaussian nature with the mean occurring at 3.52%

of ¢ tas. In the same figure, the distribution of the instantaneous separation area for Ma,, = 0.6, AoA = —10° is also
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presented. At this higher Mach number, the probability distribution of the separated area is markedly different. This behavior
is attributed to the occurrence of shock—separation interaction, since shock waves arise at Ma,, = 0.6. With the presence of
shocks, the separated area is observed to be lower in most instances compared to the subsonic case.

The existence of shock=separation interaction for Mar, = 0.6, AoA = —10° is further established by plotting the instantaneous
shock location against the separated area, as shown in Fig. 14. When the shock is located further downstream, the separated
area is typically low. In contrast, when the shock is positioned further upstream, the separated area spans a broader range, from
low to high values. This confirms that the shock location strongly influences the extent of flow separation in this case, with

a trend that is in good qualitative agreement with the visualizations in Fig. 10. However, a similar correlation between shock

osition and separation area size is not observed for other inclinations (—4° and —6°) at Ma., = 0.6, despite the occurrence of

shocks. A straightforward explanation is that in these cases, neither the shock strength nor the inclination is sufficient to trigger
large-scale separation over the airfoil. The corresponding plots are provided in Appendix C.
Next, a phase-averaging procedure is employed to establish a more complete picture of the suetion—peak—-wasnot-strong

shock-separation interaction observed for
May = 0.6,A0A = —10°. A crucial characteristic of the interaction is obtained from high-speed schlieren imaging, acquired
at 7.2 kHz. Consecutive frames representing a time-resolved shock movement reveal that the extent of flow separation was-not
explicitty-anatyzed-for any-of the-easesdecreases when the shockis in the phase of its downstream motion, as shown in the left
column of Fig. 15. On the other hand, separation increases when the shock moves upstream, shown in Fig. 16. This asymmetry.
in_the transonic buffet behavior was already reported earlier and has been studied in detail by D’Aguanno etal. (2021)
in_the transonic buffet cycle for a supercritical airfoil. This characteristic allows for resolving the shock motion direction
ambiguity even in non-time-resolved measurements. Thus, the ealeulation-of-the-transonie-envelope-presented-inFigure 3-is
notsufficientto-prediet the oeeurrence of shoek-wavesupstream and downstream movement of the shock can be differentiated
in the low-speed (15 Hz) PIV data, based on the extent of the separation.

The corresponding phase definitions used in our analysis are illustrated in Fig. 17. Phases 1 and 3 represent the most
upstream and most downstream shock positions, respectively, based on a certain threshold. Phases 2 and 4 represent the
shock at an intermediate location during its downstream and upstream movement, respectively. A distinction between these
two latter phases is made by considering whether the instantaneous separation area is above or below a threshold. The four
phases help to represent the unsteadiness in the Sehtieren-visuatizations-(Fie g growing | e

i-shock-separation interaction more clearly, which the mean flow-field representation does not capture.
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x/c

Figure 15. High-speed schlieren images acquired at 7.2 kHz Figure 16. High-speed schlieren images acquired at 7.2 kHz for

for Mao, =0.6,A0A = —10°, showing the shock traversing Mag, =0.6,A0A = —10°, showing the shock traversing upstream
downstream (from top to bottom). The estimated edge of the shear (from top to bottom). The estimated edge of the shear layer is marked
layer is marked with a dashed purple line, and the approximate shock  with a dashed purple line, and the approximate shock edge is shown
edge is shown with a red arrow at the abscissa. with a red arrow at the abscissa.
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Figure 18. Phase-averaged normalized streamwise velocities for Mao, = 0.6, AoA = —10°. The dashed black lines enclose the local

supersonic region, and the white dashed lines enclose the separated flow.

Applying the phase definitions to the PIV dataset yields the phase-averaged flow-fields. The normalized phase-averaged
streamwise velocity fields are shown in Fig. 18. The separation area increases when the shock is located most upstream (Phase
1, with the smallest supersonic region) or during upstream motion (Phase 4). When the supersonic region is largest (Phase 3

shock most downstream), the separated flow is more limited. The phase-averaged flow-fields hi

hlight substantial variations in

features such as supersonic and separated flow during the transonic buffet cycle. These variations are directly linked to the PFV
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integral loads experienced by the airfoil, namely lift and drag (D’ Aguanno et al., 2025). Although load calculation lies beyond
the scope of this study, the extent of supersonic and separated flow across different phases of the sensitivity-of-the-extentbuffet
cycle can be estimated by evaluating the corresponding flow areas.

Table 5. Supersonic and separation areas during different phases of the transonic buffet cycle.

Supersonic area (change) [% of ¢ tmae]  Separation area (change) [% of ¢ < fmag]  Number of frames (%

In Table 5, the areas of supersonic and separated flow normalized by the square of the chord length for each of the four
phases and the overall mean flow-field are presented. In the same table, the relative change in these areas with respect to the
mean is presented (in brackets). The table summarizes the visual observations in Fig. 18, and reiterates the impact of shock
unsteadiness, which the mean flow-field (Fig. 7e) fails to account for. Another interesting observation is that the separated

flow areas in Phases 1 and s

loeation—Alsorthesteepness-of4 (18.76% and 16.38% of ¢ - t,,,..) are comparable to the area of separation in the mean flow for
Ma,, = 0.5, AoA = —10° (15.90% of ¢ t,, 4., Fig. 6

is low) that negates the large separation in Phases 1 and 4 to bring the area of separation in the mean flow down t0 9.95% of
€ tpae for Mag, = 0.6, A0A = 107,

In Fig. 19, the areas of supersonic and separated flows in each of the phase-averaged flow-fields are presented, normalized
by the corresponding area for the mean flow. Here, the extent of separated flow is seen to range from 0.4 (Phase 3) to 1.9 (Phase
1) times the value in the mean flow. Since extensive flow separation directly contributes to an increase in drag and a decrease
in lift over the airfoil, relying solely on the mean flow-field would lead to significantly different load characteristics compared
to the instantaneous values. Similarly, owing to the shock-separation interaction, the phase-averaged area of supersonic flow.
also ranges from 0.4 (Phase 1) to 1.5 (Phase 3) times its value in the mean flow.

It is essential to reiterate that the current phase-averaging procedure does not independently reveal the physics of the AoA

4°) & On an

. Thus, it is the contribution of Phases 2 and 3 (where flow separation

QU7 he me—for-A

wind-turbine-blades—shock-separation interaction, particularly the variation in separation area during different phases of the
shock motion, Instead, the phases already have this asymmetry inherently built into them through the way we choose to define
them, as informed by the high-speed schlieren visualization. While the current phase representation provides a convenient
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respectively.

approximation to describe the unsteady flow-field, the actual physics is only captured properly by fully resolving the cycle of

shock motion through a time-resolved measurement.
T . Lemitati ¢ thisstudveis ]

5 Discussion

As discussed earlier, experimental measurements agree with the predictions of transonic flow occurrence by the envelope in
Fig. 3. Experiments also highlight intricacies that are not represented by the transonic envelope. E.g.. for AoA = —10°, both
May = 0.5 & 0.6 are predicted to lie in the transonic regime. However, the resulting flow-fields are significantly different, with
the former experiencing local supersonic flow only intermittently with no shocks, whereas the latter encounters large-amplitude
shock-separation interaction, These cases further highlight the need to expand the transonic envelope concept to account for
the occurrence of shock waves.

In typical studies of transonic buffet conducted on supercritical airfoils, the shock strength is sufficient to result in separation
of the boundary layer downstream. As described by Pearcey et al. (1968), the free-stream-Mach-number range studied-here-is

o nad LA NAALRA
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of —15%where-the TEA-ISMW-separation can either be confined to a bubble close to the shock foot without resulting in

trailing-edge separation (Model A), or there can be both a separation bubble and trailing-edge separation present (Model B).
In the present study, at May, = 0.6 and AoAs of —47 and 22MW-RWF blade-tip-is-predicted-to-experience-the transonie

regite by De Tavernier and-vonTerzi (2022),—67, oscillating shock waves were captured with both schlieren visualization

and PIV. However, there was no significant separation triggered by the shock wave. Moreover, the flow-physies-might-turn-out
to-be-surprisinghy-untqueinclination (AoA) was also not steep enough to result in incipient trailing-edge separation. Thus, no

shock-separation interaction, and henceforth, no transonic buffet was encountered in these cases. In other words, the buffet
boundary is not crossed in these conditions.

Another important factorto-be-taken-into-aceountis For May, = 0.6, AoA = ~10°, an oscillating shock wave was present
along with significant trailing-edge separation induced by the high incidence, which resulted in transonic buffet. This particular
case is categorized as a variant of the Model B interaction defined by Pearcey et al. (1968) and Lee (2001), where trailing-edge
separation is already present, and then interacts with the shock. As a result, a typical buffet cycle with large variations in
separated flow synchronized with the shock motion is observed in this case._

Some URANS results are presented here to compare with the experimental results. The simulations have been carried
out assuming fully turbulent flow, with the k — w eddy-viscosity model as turbulence closure. Thus, the boundary layer on the
airfoil in the URANS simulations is already turbulent, This is the first aspect of difference with the experiments, which features

free boundary layer transition. Secondly, there is a slight mismatch in the Reynelds-number-of-the-flow—In-the-current-study;
the-Reynolds numberi ' it i i ip-airfotls-on

[CREPN axnactad to

severity-of-. The URANS simulations are conducted at a Reynolds number of 1.8 x 10°, whereas the experiments are carried
out at Reynolds numbers of 1.4 and 1.6 x 10°, corresponding to Mao, = 0.5 and 0.6, respectively. Additional uncertainties
affect Mao and AoA in the experiments, in view of blockage and wall interference effects.

Given the differences outlined above, only a qualitative comparison is made between the measured and simulated flow-fields,
on the basis of the mean streamwise velocity fields, as shown in Fig. 20, which all apply to AoA= —6°. As a first observation,
both experiments and URANS predict the emergence of shock wayes when increasing Mao, from 0.5 t0 0.6 For the experiments,
this was already established in previous discussions. For URANS, this is clearly observed when comparing Figures 20b and
20d.

At Ma_, = 0.5, the flow-fields share similar features for the experiments and the URANS simulations, as seen in Figs. 20a
and 20b. Neither exhibits local supersonic flow: i tnath '
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Figure 20. Mean normalized streamwise velocity fields from (left column) PIV measurements and (right column) URANS simulations for

= 0.5 (top row) and Ma., = 0.6 (bottom row), at AoA= —6°. A local Mach number of 1 is marked with a black dotted line.

Upon analyzing the flow fields at Ma,, = 0.6 in Figs. 20c and 20d, more pronounced differences between the experiments
and URANS emerge. Firstly, the local supersonic pocket (black dotted line) captured in the measurements has a smooth
downstream edge, whereas the URANS captures a sharp vertical downstream edge at z/c ~ 0.35, indicating a shock wave. In
the experiments, an oscillating shock wave was captured, which leads to a smoothing effect in the mean flow representation,

as observed here. In this case, the URANS solution only predicts a steady shock. Furthermore, immediately downstream of the
local supersonic pocket, the results show two successive regions of flow acceleration near the airfoil surface (around z/c ~ 0.4

and 0.5). These features are not physical but numerical artifacts. Such observations emphasize the limitations of URANS in

capturing the correct flow physics.
The experiments yield instantaneous flow-fields through direct measurements. However, practical constraints do not allow a
erfect match in operating conditions (Re, Ma.,, and AoA) that are experienced by large wind turbines. In contrast, URANS
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simulations only capture the mean flow-field and can replicate realistic operating conditions expected at large rotor tips.
In the range of conditions where direct comparison is possible, simulations and experiments show_agreement in terms of
whether or not shock waves occur for the given triplet of Mas., Re and AoA. However, due-to-practicat-constraintson-the
experimentattythe URANS approach falls short in modelling the unsteady nature of the shock buffet. Therefore, supporting.
experiments are deemed necessary to investigate correct unsteady dynamics, e.g., the amplitude and frequency of the shock
motion. Consequently, these findings are crucial to inform and validate URANS simulations as well as other numerical
techniques that attempt to model the correct physics.

6 Conclusions

In this study, experiments were conducted to characterize transonic flow physics over a free-transition (clean) model of

the FFA-W3-211 &i

‘wind turbine airfoil. Wind turbine airfoils feature high
thickness and camber, unlike typical supercritical airfoils used for transonic flow studies for aviation applications. Moreover,
the conditions at the tips of large wind turbines are also unique, featuring relatively low subsonic inflow Mach number (~~ 0.3),
high Reynolds number (~ 107), and steep, negative angles of attack. The unique geometry and operating conditions highlight
an unexplored problem in the realm of transonic flows.

As shown by Vitulano et al. (20252), to reproduce the exact transonic flow conditions expected at the blade tips of large
wind turbines, similarity in Reynolds number (~ 107
similarity in the first two parameters simultaneously in most, if not all, academically available wind tunnels is not feasible.
Since sufficiently high Reynolds numbers to generate shock waves cannot be reached in the current wind tunnel, measurements
were instead carried out at higher inflow Mach numbers (0.5 - 0.6) to compensate for the supersonie-flow-features; espeeiatly

inflow Mach number (~ 0.3), and angle of attack is required. Achievin

informed by numerical predictions, the quivalent physics of shock occurrence were investigated.

The current experiments showed good agreement with XFoil and URANS-based calculations for predicting the transition
from fully subsonic to transonic flow, either by increasing the inflow Mach number or by steepening the airfoil incidence.
The measurements also allowed for characterizing the unsteady nature and dynamics of the shock waves, which had not been
captured by other simulation methods previously utilized (XFoil, URANS).
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Through-Sehlieren-images;it-wasseen-An important finding is that, for the Reynelds-numbers-studiedhere;-shoek-waves

was observed only for Ma,, = 0.6, AoA = —10°. The interaction of the unsteady shock waves with the separated flow in the
wind turbine buffet phenomenon was attributed to the already present trailing-edge separation at the steep inclination. This
mechanism is markedly distinct from transonic buffet occurrence studied on supercritical airfoils at low incidences and higher

inflow Mach numbers, where the shock is strong enough to trigger trailing-edge separation by itself.
The unsteadiness in the

by strong periodic variations in the separation region, in sync with the motion of the shock wave. High-speed schlieren imaging
revealed that flow separation decreased as the shock wave traversed downstream and increased as the shock wave moved toward
the leading edge. Based on this information, PIV data were phase-averaged, and the variations in separated and supersonic flow.
regions were quantified. demonstrating significant variations compared to the mean. Although unsteady shock waves were
observed intermittently at the same May, for less steep inclinations, there was no large-scale separation either triggered or
already present in these cases. Furthermore, there was no meaningful correlation between separation extent and shock position.
Consequently, no transonic buffet occurred.

in transonic flow on wind turbine airfoils — even for steady operating conditions. The same unsteady nature will also be
reflected in the loads experienced by the airfoil. The characteristic frequencies related to the shock oscillation and subsequent
shock-separation interaction need further investigation. If these were to be close to the frequencies of the structural modes

there would be a risk of resonance and increased fatigue loading. In real-world eperating-conditions, the inherent-unsteadiness

nqge Pay ho nd—mean ho ANg

dynamie-infloweonditions—inflow and airfoil inclination are always unsteady. Moreover, it is important to bear in mind that
this exploratory study was limited to a two-dimensional airfoil section. It is not clear whether (or how) the observed transonic
flow effects would materialize on a full-scale blade, where three-dimensional effects, as well as variations of airfoils and flow
conditions along the blade and in the inflow. may affect the root causes for transonic flow and for buffeting. More research in
this novel field is certainly needed.
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Data availability. The processed PIV data and post-processing code are openly accessible here: doi.org/10.4121/fbf1¢c251-cbf9-49d7-9626-
a9fe3498aeds.
(NOTE: This link will become active after the paper is accepted for publication.)

Appendix A: Shock Detection Methodology

While visualizing shock waves qualitatively is relatively straightforward with Schlieren and instantaneous PIV frames, de-
tecting them quantitatively is more demanding. In this section, the methodology developed to detect shock wave locations
from instantaneous PIV measurements is discussed. The underlying assumption is that the shock wave is always normal to the
free-stream-freestream direction, which is a reasonable estimation given that only slight deviations are occasionally observed.
The sequence of operations used to confirm the presence of a shock and, if present, detect its location in each PIV frame is

listed below:

1. Detect the points of maximum gradient in streamwise velocity in a specified region of the PIV frame. All subsequent

operations are carried out with reference to these points.

2. From the points detected in the previous operation, eliminate the points that do not have any supersonic flow vectors

close upstream or have supersonic flow close downstream.

3. Perform a zeroth-order fit on (i.e., find the mean of) the streamwise locations (x locations, in this case) of the remaining

points.

4. Remove the points that are 1.5 standard deviations (chosen based on trial-and-error) away from the mean calculated

above, to reinforce the normal shock orientation assumption.

5. If the standard deviation of the remaining points is beyond a specified threshold, or the number of remaining points is

beneath a specified limit, then reject the case (i.e., no shock detected).

Shock waves are characterized by strong gradients in the flewfieldflow-field, but additional constraints need to be applied
to ascertain their location. This includes checking the presence of supersonic flow upstream and subsonic flow downstream,
to ensure that the detection of points of highest gradients (in velocity, in this case) corresponds to the expected location of the
shock front. In cases when the appearance of shocks is intermittent and supersonic flow can sometimes gradually decelerate
without resulting in a shock, the additional filtering using the standard deviation in steps 4 and 5 helps in avoiding erroneously
observing a shock when there is none.

Some examples of the shock detection methodology in action are presented next. Note that the direction of flow is from
left to right. In Figure-Fig. Al, the leftmost figure shows the points (as magenta squares) that have the maximum gradient in
streamwise velocity at respective transverse locations. A few points towards the bottom lie inside the supersonic flow pocket
(marked with a solid black line) rather than on its downstream edge, as expected for a shock front. As seen in the middle frame,

these points are eliminated after checking for supersonic flow upstream (which holds true) and subsonic flow downstream
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Figure A1. Instantaneous local Mach number field for Ma,, = 0.6, AoA= —10° with local supersonic flow pocket (marked with solid black
line), detected shock locations (magenta markers) and the final shock front location (dashed black line) on the right.

(which is violated). Finally, as seen in the right frame, the final detected shock location is marked with a dashed black line after
performing the checks regarding the standard deviation on the remaining points.

Another example is presented in Figure Fig. A2, where it is already expected that no shock wave is present. The supersonic
upstream/subsonic downstream check (shown in the middle frame) takes care of almost all the potential shock front points
detected by the maximum streamwise velocity gradient (left), except for a few next to a tiny supersonic pocket at /¢ = 0.2.
The next filtering step, based on the number of remaining points and the standard deviation, eliminates the last few detected

points as well, rightly resulting in no shock front detected for the case.

Appendix B: Additional Schlieren Results

A full set of schlieren images is shown here for all combinations of Ma., = 0.5,0.55,0.6 and AoAs= —4°, —6°, —10°. These

(

are instantaneous snapshots of the flow-field. Shock waves appear in select configurations: Figs. B1 (¢),(e

by thick, dark gray lines extending vertically down from the bottom surface of the airfoil.
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Figure A2. Instantaneous local Mach number field for #4¢=-—==0-6Ma, = 0.6, AoA= —10° with local supersonic flow pocket (marked

with solid black line) --and detected shock locations (magenta markers)and-the-firal-. No shock front teeation-{dashed-blacktine)is detected
after the filtering process, as seen on the right.
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Figure B1. Instantaneous Schlieren images showing the appearance of shock waves in (c), (e), (f), (h), and (i).
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Appendix C: Additional shock location versus separation area plots
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Figure C1. Shock location versus separation area, demonstrating that neither case has a clear correlation between the two.
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